
AAS 22-661

DESIGN AND ANALYSIS FOR EXPERIMENTAL VALIDATION OF
TOUCHLESS CHARGE CONTROL TESTING

James D. Walker III*, Julian Hammerl†, and Hanspeter Schaub‡

Unaccounted electrostatic forces during proximity operations between charged
spacecraft introduce additional perturbations and can also lead to arcing and col-
lisions. Geostationary and cislunar regions are becoming more popular, so the
ability to measure the potential of a non-cooperative target spacecraft and account
for these forces becomes more important. Proposed techniques for remotely sens-
ing the electric potential of neighboring spacecraft utilize an electron beam emitted
from a servicer, impacting the surface of the neighboring craft to excite secondary
electrons and x-rays. Terrestrial experiments succeeded in measuring the steady
state potential of a target object in a vacuum chamber; however, for a more realistic
analysis of remote sensing techniques, the transient behavior of spacecraft charg-
ing must be examined. In this paper, an RC circuit and high voltage power supply
are connected to the target object in order to simulate the response of a spacecraft
to the plasma environment. A derivation is presented relating the resistance, ca-
pacitance and voltage of the circuit to the space environment, with the purpose of
approximating different plasma regimes by tuning the parameters of the RC cir-
cuit. The emission of secondary and backscattered electrons from the target object
complicates the experiments, but an estimate of the electron losses is found for
the given experimental setup. The comparison of the discharging behavior of the
circuit and the spacecraft charging model shows the RC circuit is representative of
the space environment when the difference between the spacecraft potential and
the natural potential is small.

INTRODUCTION

On-orbit servicing, assembly, and manufacturing activities (OSAM) have been identified as criti-
cal technologies for future mission concepts.1 These operations often require two or more satellites
performing proximity maneuvers and docking. Interactions between the charged plasma of the
space environment and a spacecraft lead to electric charge accumulating on its surface. As two
satellites approach each other, electrostatic forces and torques are generated between the two ob-
jects. These forces cause perturbations during proximity operations, decreasing the performance
of relative motion controls and can even lead to collisions between the two craft if not accounted
for.?, 2 Rendezvous operations can also lead to electrical arcing as satellites with different potentials
approach each other for docking. A spacecraft with the ability to determine the electrical potential
of a neighboring craft is able to use this knowledge during proximity and rendezvous operations.
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Figure 1. Conceptual representation of a satellite exposed to the space environment
and an electron beam

With the electrical charge of the target object, a self measurement of electric charge, and the dis-
tance between them, the electrostatic forces and torques between two neighboring spacecraft can be
calculated. When this is incorporated into the relative motion control of the spacecraft, these addi-
tional perturbations are accounted for, improving the performance of the controller and decreasing
the possibility of a collision.2 This is especially beneficial for docking operations because as the
distance between two charges decrease, the Coulomb force between them increases exponentially
and becomes a more significant perturbation. Spacecraft charging can also be caused by non-natural
currents such as those caused by electron beams, ion beams, and ultraviolet lasers.3 For this paper,
”charge control” refers to the use of one or more non-natural currents in order to alter the electrical
potential on a neighboring spacecraft. An active charge control method that has been proposed for
contactless electrostatic stabilization of a target is the Electrostatic Tractor.4 The goal is to apply
an additional current to a target with the purpose of controlling the charges of a servicing craft and
a target object. The Electrostatic Tractor utilizes a high energy electron gun attached to a servic-
ing spacecraft. When activated, a beam of electrons induces a negative current on a target object;
however, because electrons are being emitted by the servicer, the servicing craft tends to charge
positively.4, 5 These charges generate an electrostatic force between the two satellites which is then
utilized for the electrostatic maneuvers.1 The Electrostatic Tractor (ET) has been proposed as a con-
tactless method of large debris removal.4, 5 By utilizing the forces and torques caused by spacecraft
charging, the servicing craft can stabilize the debris and then move it to a graveyard orbit.4, 5 Refer-
ence 6 found that estimation errors of the electric potential of the debris can significantly affect the
bounds of safe operation of the ET relative motion control, suggesting that the Electrostatic Tractor
would benefit from remote electric potential sensing methods.

The ability to remotely sense the electric potential of a neighboring spacecraft improves relative
motion control efficiency of proximity and docking maneuvers and is required for charge control
techniques such as the Electrostatic Tractor. Two methods that have been explored utilize a posi-
tively charged servicing spacecraft equipped with a high energy electron beam to excite secondary
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electrons and x-rays from a target object.5, 7 The secondary electrons are attracted toward the ser-
vicing craft and impact with an energy equal to the difference in electric potential between the two
objects while the emitted x-rays have an energy equal to the energy difference of target object and
electron beam; therefore, comparing the measured x-ray energies and the electron beam energy
yields the electric potential of the target.5, 7 To measure its own potential, the spacecraft is equipped
with a langmuir probe. These instruments have been proposed for use on spacecraft for measuring
plasma density and electron temperature together with the spacecraft potential.8 The servicing craft
measures the energy spectrum of the electrons (or the photons depending on which method is being
employed) and knowing its own potential, determines the potential of the target object.

Both methods have been experimentally validated for vacuum chamber conditions9, 10 in the Elec-
trostatic Charging Laboratory for Interactions between Plasma and Spacecraft (ECLIPS) research
vacuum chamber.11 An electron beam is used to excite secondary electrons and x-rays from a small,
usually aluminum, object used to represent a spacecraft. An x-ray detector is used to measure the
energies of emitted x-ray photons while a Retarding Potential Analyser (RPA) measures the flux
and energy of the secondary electrons.11 The RPA is similar to a gridded Faraday cup where elec-
trons with energy less than or equal to the potential across the grid can not pass through.11 When
sweeping through the energy spectrum, the grid potential that corresponds to a large drop off in
current indicates the potential difference between the electron gun and the target. The experiments
were conducted using a high voltage power supply (HVPS) to control the potential of the target
object. While this is useful to test and validate remote sensing methods, the charge of a spacecraft
is not always constant. Additionally, an electron beam applies a current to the target. Because the
HVPS maintains a constant potential on the target, the charging effect due to the electron beam is
eliminated.

In order to explore remote sensing methods in a more realistic capacity and conduct charge control
experiments, the potential of the target object must be allowed to fluctuate with the electron beam
current during experiments. To achieve this, it is proposed that an external circuit is connected
to the testing object outside the vacuum chamber. There are three goals of this circuit: increase
the capacitance of the target object to allow the charging behavior to be measured, create charging
behavior similar to that caused by the space environment, and simulate the natural potential of an
object while still allowing the electron gun to alter the charge of the target. It was determined that a
parallel RC circuit with an HVPS was best to achieve this. This paper includes an overview of the
spacecraft charging model and experimental setup, the derivation of the relationship between the
charging model and the RC circuit, and the experimental results.

MATERIALS AND METHODS

Spacecraft Charging Model

Solar wind consists of electrons and ions flowing through space and the difference in the ambient
flux of these particles causes charging.12 Due to the mass difference, electrons are much faster than
ions, leading to a significantly larger electron flux impacting the surface of a spacecraft. The ambient
ions apply a positive current on the object, however it is typically less than the negative current of the
ambient electrons.12 Other natural currents experienced by a satellite include photoelectron current
from the Sun, current from secondary electron emissions (SEE),and current from backscattered
electrons.12 The sunlit side of a spacecraft is exposed to the high energy photons produced by the
Sun. Surface electrons are excited by these impacting photons and are emitted from the craft if it is
charged negatively.12 The secondary electron current is caused by low energy electrons removing
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electrons from the surface of an object.12 These impacting, also known as ”primary”, electrons
transfer some of their energy to the surface electrons. If enough energy is shared, one or more
secondary electrons are emitted from the spacecraft. Sometimes, instead of being absorbed by the
target, a primary electron is reflected off the surface, generating a backscattered electron.12 Unlike
secondary electrons, only one backscattered electron can be produced by a primary electron.

These currents are driven by the plasma density, the lighting conditions, and energy of impacting
electrons, all of which vary between regions of space. When in sunlight, spacecraft typically charge
weakly positive due to the dominating photoelectric current while objects in eclipsed geostationary
orbits can charge to a few kilo-volts negative because of ambient electron current.12 The equilibrium
of these currents determines the natural potential of an object as well as the transient behavior of
the charging. An electron beam generates an additional current: a positive current on the spacecraft
emitting the electrons and a negative current on the target object.

This paper utilizes a charging model that simulates the natural currents experienced by an object
in different regions of space as well as an electron beam current. It assumes a conducting spacecraft
with spherical geometry. A model for secondary electrons and backscattered electrons is presented
her, but in order to achieve a time invariant result, it is not considered for the design of the circuit,
but only for running numerical spacecraft charging simulations. While not all spacecraft satisfy
these conditions the following is a simplified approach for comparing the space environment to an
RC circuit.

The plasma electron current is

Ie(ϕ) = −Aqneωe

4
eϕ/Te ϕ < 0 (1a)

Ie(ϕ) = −Aqneωe

4
(1 +

ϕ

Te
) ϕ ≥ 0, (1b)

where ne, Te, and me are the electron density, temperature, and mass respectively, ϕ is the space-
craft potential, A is the surface area exposed to the plasma, q is the elementary charge, and ωe =√
8Te/πme is the thermal velocity of electrons.13

Similarly, the plasma ion current is

Ii(ϕ) =
Aqniωi

4
e−ϕ/Ti ϕ > 0 (2a)

Ii(ϕ) =
Aqniωi

4
(1− ϕ

Ti
) ϕ ≤ 0. (2b)

The variables are defined the same as in Eq. (1) except the subscript i denotes ions.13 An ion flux
consisting of solely protons is assumed here.

When a spacecraft is in sunlight, high energy photons excite electrons away from the spacecraft
generating a photoelectron current. For negatively charged spacecraft, the electrons are repelled
away from the object. For positively charged spacecraft, the low energy electrons are recaptured by
the spacecraft. Once an object charges positive due to the photoelectron current, it will only remain
weakly positive. This photoelectron current is

Iph(ϕ) = jph,0A⊥e
−ϕ/Tph ϕ > 0 (3a)

Iph(ϕ) = jph,0A⊥ ϕ ≤ 0, (3b)
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with, A⊥ being the cross-sectional area exposed to the sunlight, Tph = 2 eV being the temperature
of emitted photoelectrons, and the photoelectron flux is assumed to be jph,0 = 20 µA/m2.12

When active, the electron beam applies a negative current on the target object. This current only
occurs while the difference in electric potential between the servicer and the target is less than the
initial energy EEB of the electron beam. When the difference is greater than or equal the electron
beam energy, the emitted electrons do not have enough energy to reach the target. This is current is
expressed by

IT (ϕT ) = −αIEB ϕS − ϕT < EEB (4a)

IT (ϕT ) = 0 ϕS − ϕT ≥ EEB, (4b)

where ϕS and ϕT are the potentials of the servicer and target respectively, IEB is the current of
the electron beam and α is the fraction of the beam hitting the target. A value of α = 1 is used,
assuming an accurate and focused beam so IT = −IEB if the beam reaches the target.

Impacting low energy electrons and ions can cause the emission of secondary and backscattered
electrons.12 These electrons are repelled away from a negatively charged target and can cause a
significant positive current on the target. Reference 14 surveys various secondary electron emission
models for spacecraft and demonstrates that different models yield significantly different results.
The approximation developed in Ref. 15 where

ISEEB(ϕT ) = −4YmaxIT (ϕ)κ ϕ < 0 (5a)

ISEEB(ϕT ) = 0 ϕ ≥ 0, (5b)

with

κ =
Eeff/Emax

(1 + Eeff/Emax)2
(6)

and
Eeff = EEB − ϕS + ϕT (7)

is used because it allows for a simple analytic expression of ISEEB, with, Eeff being the effective
energy of the beam electrons when they impact the target, Ymax being the maximum yield of electron
emissions, and Emax being the landing energy at which the maximum yield occurs. As established
by Ref. 4, the material properties for aluminum, Ymax = 2 and Emax = 300 eV, are used. The value
for Ymax includes both secondary and backscattered electrons. At energies greater than 1 keV, the
yield can become negligible.12 These material properties are for pure, clean aluminum; however the
surfaces of metals can oxidize over time. A comparison of different aluminum secondary electron
yield (SEY) data sets is conducted in Ref. 16. The average SEY for clean aluminum was 1.43 while
the average yield for aluminum oxide was 2.83, suggesting that a coating of aluminum oxide can
double the secondary electron yield.16

These equations are used to represent the space environment; moreover, the natural potential
occurs when the sum of the natural currents is zero

IN (ϕN ) = Iph(ϕN ) + Ii(ϕN ) + Ie(ϕN ) = 0. (8)

The plasma density and temperature, driving factors of the ion and electron currents, differ signif-
icantly even in the same region of space: in geostationary orbits, plasma densities range from 0.1
- 1 cm3.12 Different plasma currents are induced by the differing plasma properties. In eclipsed
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regions, there is no photoelectron current and the plasma determines the natural potential. However,
in sunlight regions, the photoelectron emission often dominates spacecraft charging.12 This means
a satellite that orbits in and out of eclipse can charge between a few kilo-volts negative to a few
volts positive within the span of one orbit. The electron beam applies additional currents, altering

RPA
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Electron beam

High voltage 
feed through
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Figure 2. The experimental setup inside the ECLIPS vacuum chamber with a cube
as the target object11

the potential of the spacecraft such that

Itot(ϕ) = IEB + ISEE(ϕ) + Iph(ϕ) + Ii(ϕ) + Ie(ϕ). (9)

When the electron beam is turned off, the spacecraft returns to the natural potential. The ambient
currents determine this behaviour as well; they can be used to model how the spacecraft will lose
the extra charge.

Experimental Setup

Experiments are conducted in the ECLIPS vacuum chamber with an experimental setup shown
in Fig. 2.11 The experimental setup consists of a high energy electron gun, a 70 x 70 x 70 mm
aluminum cube used to simulate the bus of a spacecraft, the RPA, and an additional RC circuit.
The electron gun is a EMG-4212C from Kimball Physics. It is capable of emitting electrons with
currents ranging from 0.1 µA to 100 µA and with energies ranging from 0.1 keV to 30 keV. Before
experiments are conducted, the impact location of the beam is verified using a 38 mm diameter
Kimball Physics Rugged Phosphor Screen. Blue light is emitted when electrons impact the screen,
which is used to center the beam.

Connected to the spacecraft model by a high voltage feed-through, the circuit is located outside
the vacuum chamber. A diagram of the RC (resistor and capacitor) circuit used here as shown by
Fig. 3 and Fig. 4 shows a picture of the actual circuit. The resistor and capacitor are connected
in parallel underneath the board by high voltage wires. The copper strips of the board could not
be connected to the components because they are close together and, at high voltages, arcing can
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occur between them. In Fig. 4, the circuit is connected to the high voltage feed through and the
ground. The red and black wires are the input and output, respectively, of the multimeter. When

Figure 3. A schematic representative of the additional circuit connected to the target object

the electron beam is on, the cube charges quickly and current flows from the cube into the capacitor
and through the resistor. When the beam is turned off, the capacitor discharges until it reaches the
potential maintained by the voltage source, simulating the natural potential. While charging still
occurs without the extra capacitor, the cube charges and discharges faster than the instruments can
measure. Increasing the capacitance extends the charging process, simulating the behavior of large
spacecraft and allowing the charging behavior to be measured. The charging rate is also affected
by the size of the resistor; however, the maximum voltage the capacitor can reach is controlled by
the resistor. The circuit is designed for the resistor and capacitor to be easily swapped out with
components of varying sizes, allowing different charging behaviors to be generated. Resistance
values range from 100 MΩ to 1 GΩ while capacitance values vary from 100 pF to .01 µF.

A Keithley Model DMM6500 6.5-Digit Multimeter is used as an amp-meter in series with the
resistor and is capable of measuring currents as low as 10 pA. Although the voltage across the
capacitor is the desired measurement, current through resistor is being measured. This is because the
internal resistance of the multimeter is 10 MΩ, an order of magnitude less than the smallest resistor
being used. Current flows through the path with the least resistance, therefore, when measuring
voltage, it flows through the multimeter and we are not be able to change the charging behavior
for a given capacitor. Instead, current through the resistor is being measured, and using Ohm’s law
(I = ϕ/R), the voltage across the resistor is calculated. Components in parallel have the same
voltage, so this is also the voltage across the capacitor.

The discharging behavior of the circuit is measured by using an HVPS to apply a voltage to
the system and then disconnecting it, allowing the capacitor to discharge. A Matsusada AU-30R1
High-Voltage Power Supply is used to provide high quality potentials up to 30 kV with a maximum
current of 1.0 mA.

Space Environment as an RC circuit

In order to develop an experimental setup that replicates the charging behavior of objects in space,
one needs to determine the relationship between the RC circuit and the spacecraft charging model.
This can be found by deriving the differential equation for voltage ϕ from the charging model
and from the experimental setup in the ECLIPS vacuum chamber, then relating the two resulting
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Figure 4. The RC circuit used in the experimental setup.

equations to obtain expressions for the capacitance C, resistance R, and floating potential ϕN as a
function of the plasma and spacecraft properties.

When exposed to the space environment, the surface of the spacecraft charges based on the ca-
pacitance of the craft.12 Because of this, an object in space can be simply modeled as a capacitor
exposed to the same currents as the object. By reducing the problem to a capacitor and total current,
the voltage of a spacecraft is described by

CSC
dϕ
dt

= Itot, (10)

where CSC is the capacitance of the spacecraft and Itot is the instantaneous total current. With the
total current being given by Eq. (9), a relationship between CSC and ϕ can be found. The current
experienced by a spacecraft depends on its potential as shown by the charging model. Equation (11)
shows the derivation for an object with a negative potential, but it is similar for positively charged
objects

CSC
dϕ
dt

= −Aqneωe

4
eϕ/Te +

Aqniωi

4
(1 +

ϕ

Ti
) + jph,0A⊥ + IEB + ISEEB. (11)

The electron beam utilizes high energy electrons, resulting in a low secondary (and backscattered)
electron yield (SEY). At lower energies, around 300 eV, the SEY of aluminum has a significant
contribution to the overall potential.12 Also, as shown by Eq. (5), the secondary electron current
varies with potential of the target object. Incorporating this current into the experimental setup
up requires rapid and precise voltage measurements and, for the RC circuit to be related to the
spacecraft charging model with the SEE, a time varying resistance would be required. The current
caused by the secondary electron emission is small relative to other currents and because it allows an
analytical expression for resistance to be simplified, the secondary electron current is not included.

In order to properly develop this relationship, Ie is linearized about the natural potential ϕN .
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Using a first order Taylor expansion for eϕ/Te , one gets

eϕ/Te = eϕN/Te +
eϕN/Te

Te
(ϕ− ϕN ) +H.O.T. (12)

Therefore, the current due to ambient plasma electrons is approximately

Ie ≈ −Aqneωe

4
eϕN/Te(1 +

ϕ

Te
− ϕN

Te
). (13)

While the potential is close to ϕN , the higher order terms are small, therefore they are not consid-
ered. If the difference between ϕ and ϕN is large, the higher order terms are significant and must be
considered. Using this expression for the electron current and solving for the differential equation
for ϕ, we get

CSC
dϕ
dt

+(
Aqniωi

4Ti
+

Aqneωe

4Te
eϕN/Te)ϕ =

Aqniωi

4
+ jph,0A⊥− Aqneωe

4
eϕN/Te(1− ϕN

Te
)+IEB.

(14)
Note that the left-hand side of the equation is linear in ϕ and the right-hand side is constant. The next
step is to determine the differential equation describing voltage from the circuit using Kirchhoff’s
Current Law around the Vin node. By balancing the currents into the node with the currents out of
the node, the resulting relationship is

iext = i− iEB = iC − iR − iEB = C
dϕ
dt

−
ϕN,RC − ϕ

R
− iEB, (15)

with iC being the current discharged by a capacitor and iR being the current from the resistor given
by Ohm’s Law. Here, i is the current discharging from the cube and iext is an additional controlled
current applied to the target that can simulate currents such as the photoelectron current or ion beam
emission. The simulated natural potential of the circuit, ϕN,RC is controlled by the HVPS to match
the natural potential of the charging model, ϕN . Reorganizing terms results in an equation with a
similar form as Eq. (14).

C
dϕ
dt

+
1

R
ϕ =

ϕN,RC

R
+ iext + iEB (16)

Both Eq. (14) and Eq. (16) describe the change in potential across the capacitor. By comparing the
coefficients of the equations, a relationship between the space environment and the components of
the circuit can be found as

C = CSC , (17)

R =
1

Aqniωi

4Ti
+ Aqneωe

4Te
eϕN/Te

, (18)

and

iext =
Aqniωi

4
+ jph,0A⊥ − Aqneωe

4
eϕN (1− ϕN

Te
)− ϕN

R
. (19)

These equations allow for the space environment to be represented by the circuit. The spacecraft
capacitance is simply equal to the value of the circuit capacitor. Resistance and the external current,
on the other hand, depend on the space weather conditions such as electron and ion density, ion
temperature, and floating potential. The value for ϕN is determined numerically by finding the root
of Eq. (8). With ϕN , the resistance R and external current Iext can be found as well by solving
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Eq. (18) and (19) respectively. For these experiments, there is no external current being applied so
iext = 0.

Other circuit models for have been developed for the purpose of spacecraft charging. Reference
17 models the ambient plasma in terms of a Maxwellian distribution function, but does not model an
electron beam. Also, numerical methods are used to compute the capacitance of conducting objects
in free space.17

The next section uses experiments in the ECLIPS vacuum chamber to validate the relationship
derived here.

RESULTS

Charging of a Free Floating Target

In order to demonstrate that the electron gun is capable of charging a target object in the ECLIPS
vacuum chamber, the cube is disconnected from the high voltage feed through, simulating a ’float-
ing’ object. Because the cube is disconnected from the high voltage feed through, the potential
on the object cannot be measured using the multimeter. Instead, the secondary electron method is
employed to determine the potential of the object. This remote electric potential sensing technique
has been investigated extensively in Refs. 10, 18, 19.

Figure 5 shows the spectrum of electrons that the cube emits at an angle of 18 degress, measured
by a Retarding Potential Analyzer (RPA, see Refs. 10,11). The zero angle is defined as the orienta-
tion of the cube where the front cube face is perpendicular to the electron gun. Because the surface
of the cube is not perfectly smooth and not all the secondary electrons are being detected, the RPA
only measures a relative current from the secondary electrons and not the actual SEE shown by
Eq. (5). Conclusions about the SEE can not be drawn from this experiment, but it can be used to
determine the potential of the target The electron beam current is kept constant at 10 µA and the

Figure 5. Spectrum of electrons emitted from the cube taken with the RPA located at
an angle of 18 deg.
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energy is varied between 2 keV and 5 keV. While beam energies up to 5 keV are being used, the
spectrum of electrons being measured is only up to 2.3 keV. Because this is a rudimentary, in-house
RPA, high voltage differences can lead to electric arcing across the grid. For energies between 2-4
keV, the grid voltage is not raised above 2 kV to ensure accurate measurements. For a 5 keV beam
energy, the target charges to a potential greater than 2 kV, therefore the grid voltage is raised to
2.3kV and arcing between the grid was not observed.

Using the 2 keV beam energy, only noise was recorded across all grid voltages. This indicates that
with a centered, focused beam of 2 keV, the target object does not charge in the vacuum chamber.
For 3 - 5 keV, the current decreases linearly until it suddenly drops. This sudden drop corresponds
to the potential of the object. For a 3 keV electron beam, the target charges to about −280 V while
for the 4 keV beam, the target charges to −1.22 kV. The 5 keV beam charges the target to −2.21
kV. The only known current acting on the cube is the electron beam. For a 3 keV beam energy, one
expects the cube to charge until it reaches −3 kV because electrons with an initial energy of 3 keV
are not energetic enough to reach the cube if it is charged to more than 3 kV. However, for all beam
energies, the measured potential of the cube is lower than the expected potential, suggesting some
unknown positive current. This is likely caused by the secondary electron emissions.

In Ch. 9 of Ref. 12, it is explained that the behavior of electron beam charging depends on the
impact energy of electron beam electrons.12 Secondary electrons are generated when an electron
impacts with an energy E. If the primary electron impact energy falls between the crossover energies
E1 and E2, it is probable that for each primary electron impact, there is more than one secondary
electron emitted.12 This generates a positive current on the target, therefore the target charges
differently depending on the impact energy.12 Figure 6 describes the surface charging behavior of
electron beam impacts. Each circle represents a different set of initial target potentials and impact
energy. The arrow indicates the charging behavior of the scenario while the end indicates the final
target potential. Each arrow is drawn with an angle of ±45 degrees with respect to the horizontal in
order to show that, regardless of the initial conditions, the resulting behavior is linear with a slope of
1. The initial potential of the target is 0 V in each experiment, regardless of beam energy. When the
impact energy is within the range of E1 and E2, the outgoing secondary electron current is greater
than the incoming electron current. Because of this, the target charges slightly positive, but, now
that there is a positive charge, the removed electrons are attracted back to the target. This means the
charge of the target remains close to 0 V. If the impact energy is greater than E2, the target charges
negatively, until the impact energy reaches E2. Figure 6 demonstrates that with a negative target
potential, E2 is a stable equilibrium; therefore, once the impact energy reaches this point, it remains
at this energy.

The impact energy is the difference between the beam energy and the target potential. For a 3
keV beam energy, the target charges to −280 V, indicating an impact energy of 2.72 keV. A 4 keV
beam impacts on a target charged to −1.22 kV with an impact energy of 2.78 keV, and a 5 keV
beam energy has an impact energy of 2.79 keV for a target with a potential of −2.21 kV. The impact
energy decreases until it reaches an average energy of 2.76 keV, suggesting that E2 ≈ 2.76 keV. This
is also supported by that fact that for a 2 keV beam energy, the resulting target potential is 0 keV.
This beam energy is in the range where the secondary electron flux is greater than that of the electron
beam, and because the starting potential is 0 kV, the target does not charge. Additionally, increasing
the beam energy by 1 keV (and therefore the initial primary electron impact energy), decreases the
target potential by approximately the same amount, a relationship that is consistent with Fig 6. In
Ref. 20, a theoretical secondary electron curve for relativistic electrons impacting an aluminum
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Figure 6. The surface charging of electron beam impacts. Each arrow represents the
behavior of a spacecraft charged to a certain potential being impacted by a beam of a
certain energy. Adapted from Ref. 12.

oxide surface is derived. This yield curve suggests that the value for E2 is 2.2 keV20 for aluminum
oxide. Secondary electron yield curves vary between data sets; the general curve is similar but the
energy and yield values vary.16 This is due to multiple factors including differences in material
properties, target geometry and surface roughness. The thickness of the oxidized layer also affects
the SEY behavior: a 3 nm layer has a larger SEY than that of a 1 nm layer.21 The measured value
for E2 in this experiment is similar to the value estimated in Ref. 20 and the difference in the values
is due to differences and uncertainties for SEE models and experiments. This suggests that there is
a layer of aluminum oxide on the target object and the secondary and backscattered electrons are
the cause of the unexpected charging behavior. Note that the value for E2 found in this work does
not correspond to the E2 value of a secondary electron yield curve, as it also includes backscattered
electrons, self-emitted electrons due to the high potential, and other unknown losses. Instead, the
value for E2 found here provides an estimate for the losses of electrons, and can be accounted for in
future work to characterize the experimental setup.

Discharging Behavior

To explore the discharging behavior, the circuit is disconnected from the cube and attached to an
HVPS. The initial voltage across the capacitor must be known in order to compare the experiments
to the spacecraft charging model and, while the electron beam does charge the object, the control
of the voltage is much less precise. The capacitance of the cube is negligible, therefore removing
it from the system does not have a significant effect on the results. The HVPS charges the circuit
instantly and is then disconnected from the circuit. If the power supply is simply turned off (not
disconnected), the capacitor will discharge through the power supply because its internal resistance
is less than that of the resistors being used. Once the HVPS is removed, the current through the
resistor is measured. The power supply in the circuit that allows the natural potential to be controlled
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is not connected for these experiments, meaning the simulated natural potential is 0 V. The spectrum

Figure 7. The discharging behavior of the RC circuit at starting voltages ranging
from −280 V to −2.5 kV

of voltages being applied ranges from −280 V to −2.50 kV. For each starting voltage, the initial
value is slightly different from the applied voltage. This is due to inaccuracies in the HVPS and the
actual applied voltage has an error of about ±5% which must be considered when comparing these
behaviors to the spacecraft charging model. One of the goals of the additional circuit is to increase
the time it takes for the voltage across the capacitor to decrease in order to allow measurements to
be taken. As shown by Fig 7, even for −280 V, it takes about 35 seconds for the voltage to increase
above −10 V. This is sufficient time to measure the transient charging behavior of the target object.

In order to have a meaningful comparison between the discharging experiments and the space-
craft charging model, Eqs. (17-19) are used to find space environment parameters that result in an
equivalent resistance of 1 GΩ and ϕN = 0. An environment consisting of Ti = 8.1 keV, Te = 600
eV, ni = 0.7896 1/cm3, and ne = 0.06766 1/cm3 results in a resistance value of R = 1 GΩ and
ϕN =0.388 V. While the natural potential is not exactly 0, it is close enough to allow for a mean-
ingful comparison. Figure 8 shows the comparison between discharging behavior for the spacecraft
charging model and the RC circuit at low voltages of −280 V and −500 V. Because of the inherent
±5% error of the HVPS, the actual starting potentials are −235.2 V and −484.4 V respectively.
Similarly, Fig. 9 shows this comparison for higher voltages of −1.5 kV and −2.0 kV. Likewise,
the actual potential values are −1.562 kV and −2.124 kV respectively. As shown by Fig. 8, for
low voltages, the two scenarios have nearly identical discharging behavior. There are some slight
deviations, but for −253.2 V and −484.4 V, the RC circuit is a relatively accurate approximation for
the space environment. According to Fig. 9, when the potential is larger, the approximation is no
longer as accurate. With a −1.562 kV potential, there is greater than a 300 V difference between the
two models at certain times. For a potential of −2.124 kV, this difference can be greater than 600 V.
These inconsistencies can be explained by the approximations made during the derivation of Eqs.
(17-19). A first order Taylor series expansion about the natural potential ϕN was used to linearize
the ambient electron current Ie and the higher order terms were considered negligible. This as-
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Figure 8. A comparison of the discharging behavior between the spacecraft charging
model and the RC circuit for low starting voltages of (Left) −253.2 V and (Right)
−484.4 V

Figure 9. A comparison of the discharging behavior between the spacecraft charging
model and the RC circuit for high starting voltages of (Left) −1.562 kV and (Right)
−2.124 kV

sumption only holds if the difference between the spacecraft potential ϕ and ϕN is small. For these
experiments, ϕN = 0, so the lower voltages of −253.2 V and −484.4 keep this difference small
and the higher order terms only cause minor differences between the two models. However, when
higher voltages are used, this difference becomes large and the higher order terms have a significant
effect on the resulting resistance value.

The goal of remote sensing methods is to measure the potential of a target, typically the floating
potential. During sensing, the electron beam alters this potential, resulting in measurements where
ϕ ̸= ϕN . In order to yield reliable results, these sensing methods must keep the difference between
ϕ and ϕN small, meaning for these methods, this model would accurately simulate the charging be-
havior. On the other hand, electrostatic detumbling often causes a spacecraft to deviate significantly
from the natural potential.5 A scenario in a nominal GEO space weather conditions is explored
in Ref. 5 where the natural potential is −3.21 keV; however, for this charging scenario, the target
reaches a potential of −15.3 kV.5 Because of these large differences between ϕ and ϕN , this would
not be accurate for electrostatic tractor methods; the high order terms of the Taylor expansion must
be considered.
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CONCLUSIONS

This work explores the ability to charge an aluminum target object to a non-zero potential using
an electron beam and relates the response to a spacecraft charging model. The behavior of both
charging and discharging of the target object is investigated. An RC circuit is added to increase the
overall capacitance of the target and allow this behavior to be measured as well as to control the
discharge current of the system.

By using a remote electric potential sensing method based on secondary electrons, the potential
of a floating spacecraft shape primitive can be measured. The results demonstrate that the object
can be charged using the electron beam, but to a lower potential than expected. This is caused by
the secondary electron emissions driving the primary electron impact energy to a stable equilibrium
value at the second crossover point of the SEY curve. Experiments designed to measure the dis-
charge of the RC circuit show that the addition of the circuit extends the transient behavior of the
system, allowing for measurements to be taken. Also, the comparison between the discharge of the
RC circuit to that of the spacecraft charging model is used to support the use of the RC circuit to
simulate the space environment at low voltages. At higher voltages, the approximations made in the
derivation of the simplified theoretical framework no longer hold and the circuit is not an accurate
representation of the space environment.

A key assumption throughout this paper is that the secondary electron yield is negligible at high
energy impacting electrons. The floating potential experiments revealed that even at beam energies
greater than 4 keV, the secondary electron emission (SEE) has a significant effect on the potential
of the target. This is due to the contamination of the surface by aluminum oxide, which changes
the material properties of the target. Before the charging behavior of the circuit can be compared
to the charging model, the emission of secondary and backscattered electrons must be modeled and
accounted for or a pure aluminum target must be used to ensure the material properties are correct.
Once the charging behavior of the circuit is validated against the charging model, this experimental
setup can be used to conduct charge control experiments, and the effect of the electron beam on
remote sensing techniques can be explored.
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